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CONFIDENTIAL 


TRANSONIC AERODYNAMIC CHARACTERISTICS OF THE 10 -PERCENT -THICK 
NASA SUPERCRITICAL AIRFOIL 31 (U) 

Charles D. Harris 
Langley Research Center 

SUMMARY 

Refinements in a 10 -percent -thick supercritical airfoil (airfoil 31) have produced 
significant improvements in the drag characteristics compared with those for an earlier 
supercritical airfoil (airfoil 12) designed for the same normal -force coefficient of 0.7. 
Drag creep was practically eliminated at normal-force coefficients between about 0.4 
and 0.7 and was greatly reduced at other normal -force coefficients. Substantial reduc- 
tions in the drag levels preceding drag divergence were also achieved at all normal-force 
coefficients. The Mach numbers at which drag diverges were delayed for airfoil 31 at 
normal-force coefficients up to about 0.6 (by approximately 0.01 and 0.02 at normal-force 
cneffi dents of 0.4 an d 0.6, respectively) but drag divergence occurred at slightly lower 
Mach numbers at higher normal -force coefficients. 


INTRODUCTION 

An airfoil concept developed by Richard T. Whitcomb (refs. 1 and 2) which operates 
efficiently over a wide range of lift coefficients in the supercritical or mixed flow condi- 
tions of transonic flight has led to significant aerodynamic advances over the past several 
years. A variety of wind-tunnel and flight investigations (refs. 3 to 6) of several airplane 
configurations incorporating the supercritical airfoil concept have successfully demon- 
strated improvements in aerodynamic performance and maneuver capabilities with 
marked potential for both civilian and military application. 

The impact on future aircraft design has been an incentive for expanding supercriti- 
cal technology by establishing a broad base of systematic experimental data on supercrit- 
ical airfoils. (See refs^ J to^l2, for example.) Much of the research efforUias been 
focused on 10 -percent -thick airfoils designed for section normal-force coefficients of 
about 0.55 (ref. 13) for application to advanced technology transports expected to cruise 
near the speed of sound. More recently, a research investigation was undertaken to 
develop an airfoil with a somewhat higher design section normal-force coefficient (about 
0.70) for application to lower sweep, higher aspect ratio wings envisioned to cruise at 
Mach numbers near those of current transports. 


CONFIDENTIAL 

The purpose of this report is to present the aerodynamic characteristics of the 
resultant airfoil (designated as supercritical airfoil 31) and to show the substantial drag 
improvements that are observed when these characteristics are compared with those of 
an earlier supercritical airfoil (supercritical airfoil 12, circa 1970) designed for the 
same normal-force coefficient. The relative drag characteristics of the two airfoils are 
discussed and attention is called to selected associated pressure distributions. 

SYMBOLS 

Values are given in both SI and U.S. Customary Units. Measurements and calcula- 
tions are made in U.S. Customary Units. 


pressure coefficient, 


PZ - Poo 


S,sonic pressure coefficient corresponding to local Mach number of 1.0 


c chord of airfoil, 63.5 centimeters (25.0 inches) 

C(j section drag coefficient, ^ ^ 

Wake 

Cj point drag coefficient (ret. 14) 

^^d,s increment due to shock wave losses 

Cm section pitching-moment coefficient about the quarter-chord point, 

^Cp(0.25-|)^.^Cp(0.25-D^ 

^ u 

Cn section normal-force coefficient > C Ax _} c Ax 

' P c Zy P c 
1 u 

K surface curvature, reciprocal of local radius of curvature 


M 


Mach number 



m 

P 

Apt 

q 

R 


surface slope, dy/dx 

static pressure, newtons per meter^ (pounds per foot^) 
total -pressure loss, newtons per meter^ (pounds per foot^) 
dynamic pressure, newtons per meter^ (pounds per foot^) 
Reynolds number based on airfoil chord 


X ordinate along airfoil reference line measured from airfoil leading edge, 

centimeters (inches) 

y ordinate normal to airfoil reference line, centimeters (inches) 

z vertical distance in wake profile measured from bottom of rake, centimeters 

(inche s) 

a geometric angle of attack of airfoil reference line, degrees 

Subscripts: 


I local point on airfoil 

undisturbed stream 
Abbreviations : 

1 airfoil lower surface 

u airfoil upper surface 

T.E. trailing edge 

APPARATUS AND TECHNIQUES 


Models 

The supercritical airfoil basic concept and detailed design philosophy are discussed 
in reference 2. 
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Background . - During initial phases of the two-dimensional supercritical airfoil 
development program, emphasis was placed upon developing an airfoil with the highest 
drag divergence Mach number attainable at a normal -force coefficient of 0.7. The 
normal-force coefficient of 0.7 was chosen as the design goal since, when account was 
taken of the sweep effect, it was representative of lift coefficients at which the advanced 
technology near-sonic transports utilizing the supercritical airfoil concept were then 
expected to cruise. These initial phases resulted in supercritical airfoil 11 which has 
been reported in reference 9. This airfoil exhibited an undesirable creep or gradual 
increase in the variation of drag coefficient with Mach number of about 14 counts (^c^ 
increment of 0.00 14^ between M = 0.50 and the drag divergent Mach number at the 
design normal -force coefficient. 

Subsequent design studies of advanced technology transport configurations suggested 
that the near-sonic cruise lift coefficient requirements would be somewhat lower than 
originally anticipated. Consequently, the improved supercritical airfoil 26a (ref. 13) 
was developed with a design normal-force coefficient of about 0.55. The wind-tunnel 
tests required for this airfoil also provided the opportunity to explore the drag creep 
problem noted with airfoil 11. Airfoil 26a had no drag creep at normal-force coefficients 
up to about 0.6 and the drag divergence Mach number varied from approximately 0.82 at 
a normal-force coefficient of 0.30 to 0.78 at a normal-force coefficient of 0.80. As dis- 
cussed in reference 13, these improved drag creep characteristics were largely attrib- 
uted to a more favorable flow recompression over the forward upper surface and the 
elimination of a region of overexpansion near the three-quarter-chord station. 

Recent emphasis on fuel economy has generated considerable interest in a fuel- 
conserving aircraft envisioned to cruise at Mach numbers near those of current trans- 
ports. Such an aircraft could utilize supercritical airfoil technology to achieve weight 
and drag reductions by permitting the use of thicker wings with higher aspect ratios and 
less sweep. Because the wings with higher aspect ratio would require airfoils with 
design normal -force coefficients higher than 0.55, a wind-tunnel program was initiated to 
develop an airfoil with a design normal-force coefficient of about 0.70 without incurring 
the troublesome drag creep problem of the earlier airfoil 11. 

In order to apply the drag creep improvements of airfoil 26a, it was used as the 
starting point in extending the design normal-force coefficient to 0.70. Initially, the 
location of maximum thickness above the reference line (upper surface thickness) was 
moved forward from 0.40c to 0.38c and the rear of the airfoil (both upper and lower sur- 
faces) was displaced downward by an amount which varied from 0.0c at the new position of 
maximum upper surface thickness to 0.01c at the trailing edge; thereby the aft camber 
was increased. Moving the position of upper surface maximum thickness forward by 
0.02c simply compressed axially the forward upper surface and maintained the same 
general family resemblence to airfoil 26a. 



In addition to the aforementioned changes, several experimental modifications were 
necessary during the investigation before arriving at the final configuration (airfoil 31), 
These modifications consisted of small curvature variations near the upper surface 
leading ec^e to control better the development of supersonic flow in this region and over 
the forward lower surface to flatten the forward lower surface pressure distribution. 

Wind-tunnel models. - Geome tric characteristics of ^irfoil 31 are shown in fig- 
ures 1 to 3 and measured section coordinates are presented in table I, Airfoil 12, also 
defined in figures 1 to 3 and table I, differs very little from airfoil 11 (ref. 13) and has 
been selected as a basis of comparison because data were available over a wider range 
of off -design conditions than were available for airfoil 11. 

The most significant dissimilarities over the forward region of the two airfoils 
are the reduced leading -edge radius (fig. 1) and modified curvature distribution (fig. 3) 
of airfoil 31. Over the rear region, airfoil 31 has increased aft camber (fig. 1), reduced 
trailing-edge declivity (fig. 2), and reduced surface curvatures over the rearmost 35 per- 
cent of the upper surface and generally over the rearmost 50 percent of the lower sur- 
face, Irregularities in the upper surface curvature distribution of airfoil 31 around the 
10 -percent-chord line are believed to account for small irregularities observed in the 
upper surface pressure distribution in this region for some test conditions. Small sur- 
face irregularities are greatly exaggerated when examined from the standpoint of local 
curvature, however, and these surface irregularities are not discernible in the slope dis- 
tribution of figure 2. Both airfoils included a trailing-edge cavity (see the insert in fig. 1 
and the photographs of fig. 4) which had a favorable effect on the wake as discussed in 
reference 9, 

To simplify comparisons between supercritical airfoils^ it has been the custom to 
present coordinates relative to a common reference line rather than the standard method 
of defining airfoils relative to a reference line connecting the leading and trailing edges. 
Presenting airfoil 12 and 31 coordinates in this manner introduces a discrepancy in angle 
of attack as conventionally defined. If this discrepancy, which amounts to approximately 
0.23°, were taken into account, a curve of normal-force coefficient as a function of angle 
of attack for airfoil 31 would have to be displaced 0.23^ in the positive angle -of -attack 
direction relative to airfoil 12, 

The wind-tunnel models, mounted in an inverted position, spanned the width of the 
tunnel with a span-chord ratio of 3.43. They were constructed with metal leading and 
trailing edges and with a metal core around which plastic fill was used to form the con- 
tours of the airfoils. Angle of attack was changed manually by rotating the model about 
pivots in the tunnel side walls. A photograph and a drawing of one of the airfoils installed 
in the tunnel are shown in figures 4 and 5, respectively. 



Wind Tunnel 


The investigation was conducted in the Langley 8 -foot transonic pressure tunnel 
(ref. 15). This tunnel is a continuous -flow, variable -pressure wind tunnel with controls 
that permit the independent variation of Mach number, stagnation pressure and tempera- 
ture, and dewpoint. It has a 2. 16 -meter -square (85. 2 -inch -square) test section with 
filleted corners so that the total cross-sectional area is equivalent to that of a 
2.44-meter-diameter (8-foot -diameter) circle. The upper and lower test-section walls 
are axially slotted to permit testing through the transonic speed range. The total slot 
width at the position of the model averaged about 5 percent of the width of the upper and 
lower walls. 

The solid side walls and slotted upper and lower walls make this tunnel well suited 
to the investigation of two-dimensional models since the side walls act as end plates and 
the slots permit development of the flow field in the vertical direction. 

Boundary-Layer Transition 

Based on the technique discussed in reference 16, boundary-layer transition was 
fixed along the 28 -percent chord line on the upper and lower surfaces of the models in 
an attempt to simulate the full-scale Reynolds numbers shown in figure 6 by providing 
the same relative trailing-edge boundary-layer -displacement thickness at model scale 
as would exist at full-scale flight conditions. The simulation technique, which requires 
that laminar flow be maintained ahead of the transition trip, is limited on the upper 

to those test conditions in which shock waves or steep adverse pressure gradi- 
ents occur behind the point of fixed transition so that the flow is not tripped prematurely. 
Full-scale simulation on the lower surface would be valid through the Mach number 
range of the investigation since laminar flow can be maintained ahead of the trip for all 
conditions. The transition trips consisted of 0.25-cm-wide (0.10 -in.) bands of No. 90 
carborundum grains. 


Measurements 

Surface -pressure measurements . - Normal force and pitching moments acting on 
the airfoils were determined from surface static -pressure measurements. The surface - 
pressure measurements were obtained from a chordwise row of orifices located approx- 
imately 0.32c from the tunnel center line. Orifices were more concentrated near the 
leading and trailing edges of the airfoil to define the pressure gradients in these regions. 
In addition, a rearward facing orifice was included in the cavity at the trailing edge 
(identified at an upper surface x/c location of 1.00). Actual orifice locations are 
included in table n. The transducers used in the differential pressure scanning valves 



to measure the static pressure at the airfoil surface had a range of ±68.9 kN/m^ 


Wake measurements. - Drag forces were determined from vertical variations of 
the total and static pressures measured across the wake with the profile drag rake 
shown in figure 5(b). The profiles, schematically illustrated in figure 7, represent the 
momentum losses as indicated by stagnation -pressure deficits across the wake. The 
middle section of these profiles reflects viscous and separation losses in the boundary 
layer, whereas the "wings" of the profile reflect direct losses in stagnation pressure 
across the shock waves. 

The rake was positioned in the vertical center-line plane of the tunnel, approxi- 
mately 1 chord length rearward of the trailing edge of the airfoil. The total -pressure 
tubes were flattened horizontally and closely spaced vertically (0.36 percent of the air- 
foil chord) in the region of the wake associated with skin-friction boundary-layer losses. 
Outside this region, the tube vertical spacing progressively widened until in the region 
above the wing where only shock losses were anticipated, the total-pressure tubes were 
spaced apart about 7.2 percent of the chord. Static -pressure tubes were distributed as 
shown in figure 5(b). Each static pressure measured was used over a section of the 
rake to determine local flow conditions in the vicinity of the static -pressure tube rather 
than using an average of all the static pressures measured. The rake was attached to 
the conventional center -line sting mount of the tunnel; this arrangement permitted it to 
be moved vertically to center the close concentration of tubes in the boundary-layer 
wake. The transducer in the differential -pressure scanning valve connected to total - 
pressure tubes intended to measure boundary -layer losses had a range of ±17.2 kN/m^ 
(2.5 lb/in2), and the transducers in the valves for measuring shock losses and static 
pressure had a range of ±6.9 kN/m^ (1 Ib/in^). 

Reduction of Data 

Calculation of Cn and cm- - Section normal -force and pitching-moment coeffi- 
cients were obtained by numerical integration (based on the trapezoidal method) of the 
local surface -pressure coefficient measured at each orifice multiplied by an appropriate 
weighting factor (incremental area). 

Calculation of - To obtain section drag coefficients, point drag coefficients 
were computed for each total -pressure measurement in the wake by using the procedure 
of reference 14. These point drag coefficients were then summed by numerical integra- 
tion across the wake, again based on the trapezoidal method. Drag increments due to 
shock wave losses (Ac^j g) were determined from integration of the drag measured 
across the wings (fig. 7) of the wake profile. 




Wind -Tunnel -Wall Effects 

Two major types of wind -tunnel -wall interference effects which may be treated 
separately are solid and wake blockage at zero lift and lift-induced interference. 
According to reference 17, blockage effects are theoretically small for this particular 
model-tunnel configuration (Mach number correction would be on the order of 0.003 at 
M = 0.80); consequently, no corrections have been applied to the data to account for 
blockage effects. Lift interference manifests itself as an effective upward inclination 
(relative to the tunnel center line) of the stream approaching the inverted model. Ref- 
erence 17 indicates that this flow angularity is proportional to the amount of lift gener- 
ated by the model and would result in the aerodynamic angle of attack being less than 
the measured geometric angle of attack. Experience has indicated, however, that the 
correction required to account for lift -interference effect is generally much smaller 
than would be predicted by the theory of reference 17. Because of this uncertainty and 
since the forces and moments were obtained by surface -pressure and wake measure- 
ments which would be unaffected by angular corrections, the uncorrected geometric 
angles of attack are used in the results presented herein. Data comparisons are made 
on the basis of equal normal-force coefficient rather than angle of attack. 

TEST CONDITIONS 

Tests were conducted at Mach numbers from 0.50 to 0.82 for a stagnation pressure 
of 0.1013 MN/m^ (1 atm). The stagnation temperature of the tunnel air was automati- 
cally controlled at approximately 322 K (120« F) and the air was dried until the dewpoint 
in the test section was reduced sufficiently to avoid condensation effects. Resultant test 
Reynolds numbers based on the airfoil chord length are as shown in figure 6. Based on 
flat -plate skin-friction losses and assuming laminar flow to the point of fixed transition, 
the variation in Reynolds number indicated in figure 6 would produce an estimated 
decrease in drag of approximately 2 counts (cd increment of 0.0002) between M = 0.50 
and M = 0.80. This variation in drag with Mach number has not been taken into account 
in the data presented herein. 

PRESENTATION OF RESULTS 

The experimental data reported herein are presented in the following figures: 

Figure 

Force and moment characteristics 8 

Variation of section drag coefficient with Mach number 9 

Drag increment due to shock-wave losses 10 
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Figure 


Chordwise pressure distributions at - 

M = 0.50 ... 

M = 0,60 

. _M = 0.70 

M = 0.74 

M = 0,76 

M=0,77 

M = 0,78 

M = 0,79 

M = 0,80 

M = 0.81 

M = 0.82 
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In addition to the graphical presentation of chordwise pressure distributions, the 
pressure distributions for airfoil 31 are presented in table IT. Surface pressure distri- 
butions of airfoil 12 are presented in reference 13. 


RESULTS AND DISCUSSION 

Normal-Force and Pitching-Moment Characteristics 

If the previously discussed angle -of -attack increment due to the choice of refer- 
ence line for the two airfoils were taken into account, the curve of normal -force coeffi- 
cient as a function of angle of attack for airfoil 31 in figure 8 would be displaced in the 
positive angle -of -attack direction by about 0.23O relative to airfoil 12. The remaining 
difference between the normal-force curves for the two airfoils would be due to the 
increased camber of airfoil 31. With this in mind, figure 8 does indicate that because 
of its greater aft camber, airfoil 31 generated more lift (larger normal-force coefficient) 
than airfoil 12 through the range of test conditions. The differences in pitching moment 
between the two airfoils varied with both Mach number and normal-force coefficient but 
was generally less than 0.01. 


Drag Characteristics 

The drag characteristics of the two airfoils may be divided into three primary 
areas of interest: first, relative drag levels at the lowest test Mach number (M = 0.50); 
second, drag-creep characteristics; and third, drag-divergence characteristics. The 
term drag creep is used herein to denote the gradual increase of drag coefficient as Mach 
number increases between M = 0. 50 and the drag divergence Mach number at a given 
normal-force coefficient. 
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Drag characteristics at M:=:0.50 .- Figure 9 indicates substantially reduced drag 
levels for airfoil 31 at Mach numbers below drag divergence through the range of normal- 
force coefficients. At M = 0.50, the lower drag level of airfoil 31 is related to reduced 
momentum losses within the boundary layer due to less adverse pressure gradients over 
the airfoil. As shown in figure 11, several regions of reduced adverse pressure gradient 
which influence boundary- layer development are identifiable. On the upper surface there 
was a reduction in the magnitude of the leading -edge pressure peak (less negative pres- 
sure coefficient) due to the combined effects of smaller leading -edge radius and less 
positive geometric angle of attack required to achieve the same normal-force coefficient 
as with airfoil 12. A similar reduction in the leading-edge negative pressure coefficient 
occurs on the lower surface (see fig. 11(b)) at low normal-force coefficients. Reduced 
adverse pressure gradients may also be noted in the upper surface trailing^edge pres- 
sure recovery and on the shoulder of the lower surface (around the 6 5 -percent chord 
line) leading into the lower surface cusp; both are attributable to reduced surface curva- 
tures in these regions. (See fig. 3.) Overall, there was a more gradual pressure recom- 
pression on the upper surface of airfoil 31 from the leading -edge peak to the trailing 
edge, whereas on airfoil 12 there was an expansion or acceleration of the flow around the 
80 -percent chord line that resulted in a more negative pressure coefficient from which 
the flow must recover. 

Drag creep . - As the Mach number increases beyond 0.50 at = 0.4, airfoil 31 
maintains an approximately 8- to 12-percent lower drag level than airfoil 12. (See 
fig. 9.) The drag creep characteristics of the two airfoils appear to be similar except 
for the delay in drag divergence Mach number of about 0.01 for airfoil 31. The gradual 
increase in drag coefficient starting at about M = 0.60 and continuing until drag diver- 
gence was due to increased viscous losses in the boundary layer since there were no dis- 
cernible shock losses (fig. 10) until about M = 0.80. Data are not available on airfoil 12 
for comparison with airfoil 31 at normal -force coefficients much below 0.4 but the drag 
creep of airfoil 31 appears to be greater at Cn = 0.3 than at Cn = 0.4. The more pro- 
nounced drag creep at c^ = 0.3 than at 0.4 was due to the sharper peak pressure dis- 
tribution over the forward lower surface associated with the lower angle of attack. Com- 
pare, for example, figure 12(a) with figure 12(c) and figure 13(a) with figure 13(c). 

At normal-force coefficients between 0.4 and 0.7, drag creep has been practically 
eliminated on airfoil 31 because of the improved recompression over the forward upper 
surface and suppression of the flow expansion near the 80 -percent chord line. (See, for 
example, figs. 14(e) and 15(e).) 

At a normal -force coefficient of 0.7, a peak begins to appear in the drag at 
M = 0.70 (fig. 9) and becomes more pronounced as the normal force increases beyond 
0.70. This peak is due to the appearance and subsequent strengthening of the shock wave 



in the forward upper surface recompression (figs. 10 and 13) and to the effect of these 
shock waves on the boundary layer. 

Although drag creep has not been entirely eliminated on airfoil 31 at the higher 
normal -force coefficients, the magnitude has been reduced substantially below that of 
airfoil 12. The falloff in drag after M = 0.70 for airfoil 31 may be better understood 
by comparing the pressure distributions foi’ M = 0.70 (fig. 13(g)) and M = 0.76 
(fig. 15(f)). Between M = 0.70 and M = 0.76, the character of the flow changes from a 
type with leading-edge peak followed by an abrupt recompression near the leading edge to 
a type where the leading-edge peak is lower and the shock is moved well to the rear. 

Even though the strength of the shock does not change significantly, as indicated by fig- 
ure 10, the reduced pressure jump across the shock combined with the more rearward 
location apparently produces a less adverse shock — boundary-layer interaction with a 
corresponding reduction in overall drag. 

The overall improvements in viscous losses in the boundary layer for airfoil 31 
due to less adverse pressure gradients and shock — boundary-layer interactions are also 
indicated by the fact that the difference in shock losses between the two airfoils (fig. 10) 
do not account for the difference in total drag at Mach numbers greater than 0.70. 

Drag divergence. - The Mach numbers at which drag diverges were delayed for air- 
foil 31 at normal-force coefficients up to about 0.6 (by approximately 0.01 at c„ = 0.4 
and 0.02 at c’n = 0.6) but occurred earlier at higher normal-force coefficients. (See 
fig. 9.) 

The pressure distributions for M = 0.79 shown in figures 18(b), 18(c), and 18(d) 
illustrate the reason for the delay in drag divergence for airfoil 31 at the lower normal - 
force coeffrctents. At this particular Mach number the curvature distribution over the 
rear upper surface of airfoil 12 accelerated the flow into a second supersonic pocket at 
the 80-percent chord line with attendant shock-wave development. (See fig. 10.) The 
reduced upper surface curvature over the rearmost 35 percent of airfoil 31 (fig. 3) 
greatly suppresses this zone of supersonic flow and thus delays drag divergence. 

At normal-force coefficients greater than about 0,6, the increased upper surface 
curvature over the midchord region of airfoil 31 (fig. 3(a)) produces a more rapid rear- 
ward nrovement of the shock wave than for airfoil 12 and results in earlier drag diver- 
gence. The pressure distributions for M = 0.78 and a normal-force coefficient of 
approximately 0.8 (fig. 17(f)), for example, show higher local induced velocities over the 
midchord region of airfoil 31 with the shock wave in a more rearward location. As Mach 
number increases from 0.78 to 0.79 (fig. 18(f)), the shock wave on airfoil 31 moves fur- 
ther rearward and begins to merge with the trailing-edge pressure recovery with rapid 
increases in drag. Figure 18(f) also shows the flow expanding ahead of the shock on air- 
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foil 31; thus, the flow enters the shock at a higher local Mach number with greater shock 
losses (fig. 10). 

The trade-off between reduced drag levels preceding drag divergence through the 
range of normal-force coefficients and reduced drag divergence Mach numbers at the 
higher normal -force coefficients (fig. 9) calls attention to the compromises which are 
sometimes necessary in the design of airfoils for practical applications over a range of 
operating conditions. 


CONCLUDING REMARKS 

Refinements in a 10 -percent -thick supercritical airfoil (airfoil 31) have produced 
significant improvements in the drag characteristics compared with an earlier super- 
critical airfoil (airfoil 12) designed for the same normal-force coefficient (0.7). Drag 
creep was practically eliminated at normal-force coefficients between about 0.4 and 0.7 
and greatly reduced at other normal -force coefficients. Substantial reductions in the 
drag levels preceding drag divergence were also achieved at all normal-force coeffi- 
cients. The Mach numbers at which drag diverges were delayed for airfoil 31 at normal - 
force coefficients up to about 0.6 (by approximately 0,01 and 0.02 at normal -force coeffi- 
cients of 0.4 and 0.6, respectively) but occurred slightly lower at higher normal-force 
coefficients. 

Langley Research Center, 

National Aeronautics and Space Administration, 

Hampton, Va., January 22, 1975. 
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15. Schaefer, William T., Jr.: Characteristics of Major Active Wind Tunnels at the 
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TABLE I. - SECTION COORDINATES 


= 63.5 cm (25 in.); airfoil 12 has a leading-edge radius 
of 0.0212c; airfoil 31 has an upper surface leading-edge 
radius of 0.0169c and a lower surface leading-edge 
radius of 0.0176^ 
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TABLE II.- SURFACE PRESSURE DISTRIBUTIONS FOR SUPERCRITICAL AIRFOIL 31 - Continued 


(b)a = -0.9° 


1 CP AT - 





M»0.5J 

M=0.60 

M=0, 70 

W=0.74 

M=0.76 

H=0.77 

H=0. 78 

79 

K = 0, 80 

M=O.0l 

H=0.8Z 

x/c 





UPPER SURFACE 



0. ooo 

1.0 72 

1.098 


1,153 

1.159 


1,170 

1.176 

1.173 

1. 179 

1.182 

0.000 

4 J3 ^ 

.222 

.307 


, 52 7 

.550 


.589 

.613 

.622 

.637 

.659 

.00 2 

4 01 1 

326 

-.274 

-.163 

-.080 

-.044 


.000 

.024 

.050 

. 079 

• 110 

.Oil 

.315 


-.404 

-.2 76 

-.206 

169 


-.135 

-. 114 

-.097 

-.069 

-.037 

,015 

.02*3 

-.536 

-.504 

-.957 

-.391 

-.390 


-.356 

-.325 

-.303 

-.267 

-.246 

.029 

4 

-.491 

-.4 80 

-.461 

-.441 

-.426 


-.405 

-.303 

-.357 

-.341 

- .309 

, 044 

4 06*3 

-.467 

-.467 

-.45 1 

-.444 

-.427 


-.418 

-.40 7 

-.398 

-.375 

-.331 

.069 


-.4 75 

-.481 

-.507 

-.530 

-.532 


-.527 

-.521 

-.514 

-.495 

-.464 

,098 

.1^7 

-.421 

-.436 

-.458 

-.468 

-.467 


-.484 

-.402 

-.466 

-.459 

- .445 

. 14 7 

.1*3*3 

- ,406 

-.432 

-.449 

-.457 

-.4 76 


-.485 

-.483 

-.481 

-.478 

- .454 

. 199 

,2^8 

-.3di 

-.404 

-.449 

-.469 

-.485 


-.497 

- , 506 

-.507 

-.512 

-.503 

.24 8 

.208 

-.380 

-.40 1 

- ,42C 

-.434 

447 


-.448 

-.49 2 

-.518 

-.516 

-.509 

. 296 


- . 369 

-.400 

-.424 

-.443 

-.465 


- .476 

-.478 

-.448 

-.478 

-.493 

. 348 

,39 0 

- . 369 

-.393 

-.4 3 1 

-.455 

-.4 73 


-.494 

-.535 

-.527 

-.489 

-.506 

. 399 

8 

-.372 

-.400 

-.430 

-.463 

-.482 


-.513 

-.500 

-.559 

-.535 

-.510 

.440 

, ify 7 

-.364 

-.395 

-.43 1 

-.455 

-.477 


-.499 

-.543 

-.591 

-.586 

-.561 

. 497 

. 547 

-.3/5 

-.401 

-.447 

-.476 

-.503 


-.540 

-.528 

-.582 

-.594 

-.585 

.54 7 

.590 

-.372 

-.403 

-.449 

-.476 

-. 505 


-.546 

-.573 

-.580 

-.621 

-.592 

.599 


-.371 

-.401 

-.440 

-.474 

-.504 


-.531 

-.59 1 

- .5 02 

-.653 

-.644 

* 64 8 

,699 

- 4 184 

-.417 

-.463 

-.499 

-.530 


- .564 

-.5 76 

-.620 

-.682 

- .675 

.699 

, 75 0 

-. 393 

-.427 

-.4 70 

-.506 

545 


-.602 

-.62 1 

-.671 

-, 724 

-.745 

.750 

. 799 

399 

-.429 

-.472 

-.495 

521 


-.553 

-.593 

-.689 

-.802 

-.810 

. 799 

4 8 43 

-.3 76 

-.406 

-.433 

-.446 

-.457 


-.455 

-.443 

-.410 

-.405 

-.472 

.848 

4 899 

- . 328 

-4 346 

352 

-.347 

-.341 


-.325 

-.312 

-.288 

-.241 

-.206 

. 899 

4 95 0 


-4 1 77 

-.152 

-. 130 

119 


-. 104 

-.095 

-.084 

-.069 

-.071 

,95 0 

.96 9 

-.108 

-.101 

-.075 

-.05 3 

-.046 


-.035 

-.027 

-.022 

-.021 

-.036 

.969 

*98 0 

-.062 

-.055 

-.0 2 8 

-.010 

008 


.005 

,007 

.006 

.005 

-.023 

.980 


- . Q26 

-.019 

.009 

,02 3 

.021 


.032 

.033 

.030 

,026 

-.009 

,989 


, 006 

.013 

.034 

.039 

.043 


.044 

.044 

.041 

.034 

.003 

l.OOO 




LCHER SURFACE 



. 00 7 

.286 

.280 

.264 

.272 

.276 


.286 

.2 76 

.290 

,273 

-263 

,007 

.01 1 

.026 

.017 

-.013 

-.038 

-.028 


-.037 

-.046 

-.038 

-.032 

-.046 

• 01 1 

.020 

1 75 

180 

-.2 14 

-.235 

-.254 


-.254 

-.261 

-.274 

-.278 

-.284 

.020 

.03 0 

- 4 248 

-.254 

-.3 36 

-.363 

-.383 


-.396 

-.403 

-.414 

-.420 

-.449 

.030 

.046 

-.224 

-.262 

-.310 

-.362 

-.361 


386 

-.400 

-.419 

-.443 

-.450 

.046 


-.219 

-.253 

-.295 

-.318 

-.333 


-.353 

-. 367 

-.376 

-.389 

-.416 

.068 

. 130 

-*228 

-.237 

-.300 

-.32 0 

-.345 


-.367 

-.377 

-.388 

-.405 

-.439 

. 100 

. 150 

-.230 

-.256 

-.302 

-.315 

-.332 


-.360 

-.387 

-.403 

-.428 

-.493 

. 150 

4 200 

-.210 

-.238 

-.284 

-.302 

-.316 


332 

-.344 

-.366 

-.390 

-.431 

. 200 

.250 

-.21 ? 

-.232 

-.269 

-.286 

-. 303 


-.327 

-.34 3 

-.360 

-.375 

-.413 

. 250 

4 300 

- 4 206 

-.212 

-.258 

-.281 

-.2 93 


-.310 

-.314 

-.334 

-.345 

-.370 

. 300 

.34 9 

-4 209 

-.225 

-.263 

-.289 

302 


-.329 

-.348 

-.369 

391 

- .455 

.349 

4 400 

-.188 

193 

-.2 37 

-.254 

-.265 


-.284 

-.302 

-.313 

-.318 

-.352 

.400 

-450 

- . 194 

-.200 

-.245 

-.248 

-.267 


-.273 

-.292 

-.312 

311 

-.338 

• 450 

.501 

- 4 1 83 

182 

-.219 

-.22 7 

-.244 


-.251 

-.262 

-.277 

-.280 


.501 

.551 

170 

-.176 

-.200 

-.213 

-.213 


-.226 

-.226 

-.231 

237 


.551 

.600 

-.126 

126 

-.135 

132 

-.135 


-.147 

-.137 

-.140 

-.144 

mBmm 

.600 

.650 

-.020 

-.007 

-.002 

.004 

.006 


.009 

.009 

.008 

. 019 


. 650 

. 700 

4 126 

.146 

.158 

. 1 72 

.177 


.174 

.180 

,182 

. 182 

.183 

. 700 

. 751 

.232 

.253 

.2 84 

.290 

.295 


.297 

.305 

.307 

.313 

. 30 1 

.751 

-80 1 

. 326 

-353 

.369 

, 378 

.380 


,383 

.388 

♦ 392 

-399 

.389 

.801 

, B52 

4 3 98 

.417 

.440 

.453 

.456 


.453 

.454 

• 462 

.463 

.456 

• 852 

.90 1 

4 430 

.455 

.46 8 

.490 

.487 


.497 

.502 

.508 

• 507 

,497 

. 901 

.930 

.415 

.437 

.457 

.481 

.481 


.494 

,485 

.489 

.495 

.487 

.930 

.949 

.391 

.417 

.440 

.461 

,462 


.463 

.478 

.473 

.475 

.471 

.949 

, 96 7 

• 337 

.377 

.393 

.406 

.413 


.418 

.420 

.421 

.424 

.614 

.967 


.193 

,215 

.234 

.251 

,248 


.256 

.261 

*260 

.262 

.239 

, 990 

. 998 

-.029 

-.009 

.007 

.012 

.014 


.017 

.Oil 

.008 

.009 

— • 036 

-990 
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TABLE II.- SURFACE PRESSURE DISTRIBUTIONS FOR SUPERCRITICAL AIRFOIL 31 - Continued 


[ CP AT - 

j x/c 

H=0,50 

•>1=0.60 

M^O. 70 

H=0.74 

M=0. 76 

«=0, 77 

M=0. 78 

P=0.79 

M=0. 80 

M=0.8l 

H=0,82 

X/C 

UPPER SURFACE 

0. JOO 

.8 86 

.946 

1.043 

1, C92 

1.099 

1.114 

1. 126 

1.132 

l.l 47 



0, 000 


-.577 

-.433 

-.114 

.02 5 

. 106 

. 115 

. 1 79 

.204 

.2 74 



.002 

.OIL 

-1.157 

-1.085 

-.809 

-.66 3 

-, 564 

-.513 

-.46 1 

-.430 

-.370 



.01 1 

.315 

-1.115 

-1.173 

-.939 

-.767 

-.673 

-.640 

-.597 

-.535 

-.469 



.015 

.32 9 

-1 . C79 

-1. 167 

-1.169 

- I.C15 

-.932 

-.881 

-.839 

-.778 

-.713 



,02 9 


-.972 

-1.026 

-1.275 

-UlOB 

-l.OlO 

-.985 

-.930 

-.896 

-.809 



. 044 

. 36 9 

-.765 

-.864 

- 1.036 

-1.059 

-.974 

-.931 

-.913 

-.845 

-.774 



.06 9 

, 398 

-.754 

-.780 

-.878 

-1.039 

-.962 

-.938 

-.905 

-.848 

-.780 



-098 

. U 7 

-.628 

-.668 

-.71 8 

- 1,014 

-.977 

-.943 

-.912 

-.873 

-.334 



. 147 

. 199 

-.593 

— . 62 6 

-.689 

-.904 

-.949 

-.919 

-.898 

-.869 

-.319 



. 199 

. 248 

-.549 

-.585 

-.646 

-.526 

-.910 

-.904 

-.894 

-.859 

-.813 



.24 8 

.298 

-.531* 

-.563 

-.632 

-.615 

-.901 

-.907 

-.886 

-.862 

-.813 



.298 

-348 

-.502 

-.538 

-.59 8 

-.616 

-.896 

-.882 

-.873 

-.846 

-.3 16 



. 348 

. 399 

-.483 

-.519 

-.576 

-.613 

-.834 

-.891 

-.883 

-.868 

-.838 



.399 

.44 8 

-.467 

50b 

-.562 

-.605 

-.478 

-.086 

-.890 

-.864 

-.835 



.44 8 

.497 

-.450 

-.480 

-.540 

-.574 

-.523 

- .869 

-.904 

-.893 

-.360 



,49 7 

.547 

-.451 

-.493 

-.54 1 

-.587 

-.572 

-.543 

-.908 

-.901 

-.876 



.54 7 

. 599 

-.440 

-.479 


-.569 

-.585 

-.482 

-.907 

-.916 

-.893 



.59 9 

.648 

-.428 

-.46 7 


-.556 

-.572 

-.505 

-.873 

-.937 

-.922 



.64 8 

.6 99 

-.437 

-.467 

-.520 

-.564 

-. 592 

-.558 

- .44 1 

-.957 

-.941 



.699 

, 75 0 

- . 4 33 

-.46 2 

-.511 

. -.560 

-.595 

-.588 

-.449 

-.902 

-.99 8 



.750 

- 799 

-.427 

-.456 

-.493 

-.524 

-.543 

-.539 

-.450 

-.401 

-.483 



.799 

.34 8 

-.396 

-.422 

-.442 

-.456 

-.462 

-.460 

-.393 

-.311 

-.308 



.848 

, 399 

-.332 

-. 344 

-.338 

-.335 

-.333 

-.328 

-.294 

-.226 

-.190 



,899 

.950 

- . 169 

-. 160 

-.132 

-.120 

-.111 

109 

-.095 

-.075 

-.078 



. 95 0 

, 96 9 

-.099 

-.090 

-.064 

-.054 

-.041 

-.037 

-.025 

-.024 

-.055 



.96 9 

.990 

-.057 

-.050 

-.026 

-.013 

-.003 

.005 

.01 1 

.003 

-.040 



.980 

.98 9 

-.024 

-.017 

.003 

.010 

.026 

.034 

. 039 

.022 

-.027 



.98 9 

1.300 

.002 

. 009 

.016 

.020 

. 039 

.047 

.050 

,030 

-.026 



1. 000 

LOWER surface 

,00 7 

.756 

.758 

, 727 

.712 

.716 

.701 

.695 

.670 

.643 



.007 

.01 1 

. 514 

.522 

.487 

.46 4 

.444 

.461 

.429 

.415 

.376 



.01 1 

.020 

.315 

- 291 

.274 

.256 

.246 

.239 

.232 

.218 

.198 



.02 0 

, 330 

.153 

. 161 

.127 

.108 

.087 

.097 

.104 

,062 

.033 



.030 

.34 6 

. 101 

. 105 

.085 

.058 

.058 

.051 

.052 

.021 

-.004 



.046 

. 36 3 

.082 

.06 8 

.065 

.036 

.026 

.034 

. 029 

.019 

-.021 



.06 8 

,100 

.024 

.009 

-.005 

-.018 

-.026 

-.037 

-.023 

-.051 

-.071 



. 100 

.150 

-.028 

-.048 

-.057 

- ,065 

-.073 

-.072 

-.074 

-.095 

-.126 



, 150 

, 200 

-.039 

-.054 

-.069 

-.086 

-.075 

-.084 

-.093 

-.105 

-.122 



.200 

.250 

-.062 

-.068 

-.084 

-.112 

-.102 

-.103 

108 

-.128 

-.143 



,250 

. 300 

-. 080 

-.079 

-.092 

-.099 

lOl 

-.107 

-.104 

-.126 

-.142 



. 300 

. 349 

-.085 

100 

-.122 

-.129 

132 

-.139 

-.137 

-.160 

-.185 



.349 

-400 

-.069 

-.088 

-.100 

-.114 

-.117 

-.122 

123 

-.138 

-.160 



.400 

.450 

-.094 

-.110 

-.110 

-.131 

- . 12B 

-.130 

143 

-.145 

-.161 



.450 

. 501 

-.089 

-.104 

-.108 

iZO 

-.119 

-.116 

-.128 

-.144 

-.160 



-501 

.55 1 

-.092 

097 

-.106 

-.113 

123 

114 

-.114 

-.130 

-.155 



.551 

. 600 

-.044 

-.055 

-.058 

-.061 

-.056 

-.058 

-.048 

- .068 

-.085 



• 600 

.65 0 

.039 

.041 

.057 

.06 2 

. 061 

,069 

.067 

.062 

,052 



.65 0 

. 700 

. 1 74 

. 179 

.203 

.205 

.219 

.223 

.231 

.218 

.216 



.700 

.751 

.272 

.294 

.317 

.325 

.334 

.335 

.340 

.338 

.326 



.75 1 

. 801 

. 359 

.378 

.402 

.413 

.422 

.429 

,433 

.427 

.425 



.801 

.352 

-420 

.44 1 

.471 

.486 

,490 

.497 

.501 

,494 

.487 



.85 2 

.901 

.452 

.471 

.508 

.513 

.520 

.530 

.54 1 

.529 

.519 



.901 

-930 

.437 

.463 

.491 

. 504 

.515 

.523 

.528 

.519 

.507 



.930 

,949 

.415 

.435 

-469 

.480 

.484 

.497 

.496 

.492 

.486 



,949 

.96 7 

.361 

.379 

.41 e 

.424 

.431 

.438 

.447 

.438 

.424 



.967 

-990 

.196 

.214 

.240 

.245 

.268 

.275 

.278 

.26 8 

.236 



.990 

-998 

-.021 

-.020 

-.007 

008 

.007 

.022 

.029 

.002 

-.049 



.998 
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TABLE II.- SURFACE PRESSURE DISTRIBUTIONS FOR SUPERCRITICAL AIRFOIL 31 - Continued 


Igla = 1.6° 


1 CP AT - 


X/C 

M-C.5a 

'^^0.60 

70 

M=0 , 79 

M=Q. 76 

M=0.77 

M=C. 78 

M-0. 79 

M=0. 80 

M=0.81 

*^^0.82 

X/C 




UPPTR SURFACE 



O.OlJO 
,00 2 

.Oil 

.01^ 

.J4<i 
.06 9 
.098 
.19 7 
.199 
.298 
.29b 
.398 
,399 
*99 8 
.997 
.59 7 
.599 
• 69 8 
.699 
. 75C 
.799 
.89 8 
.899 
.950 
.969 
.980 
,989 
l.OOO 

. 7b6 
-.828 
-1.921 
-1.9U5 
-1,292 
-l.lo2 
-.892 
-.818 
-.682 

- ,62b 

-.582 

-.561 

- .530 
-.508 
-.993 
-.976 
-.9 79 
-.962 
-.995 
-.950 
-.993 
-.932 

- .900 
-.332 
-.170 

- . luJ 
-.06 5 
-.026 
-.CCl 

,879 
-.695 
-1.351 
-1.917 
- 1. 369 
-1 . 190 
-.89 7 
-.879 
-.729 

- .670 
-.617 
-.600 
-.561 
-.597 
-.52 5 
-.539 
-.502 

- ,990 
-.975 
-.979 
-.970 
-.960 
-.92 1 
-.393 
-.159 
-.005 

- . 09 6 
-.010 

.002 

,999 

- .259 

- ,965 
-1.096 
-1.287 
-1.382 
-1.289 
- 1.209 

-.605 

-.711 

-.676 

- , 665 
-.629 
-.602 
-.59 2 
-.566 
-.566 
-.596 

- .528 
-.533 
-.517 
-.993 
-.93 7 
-.329 
-.132 
-.062 
-.028 

, COO 
.012 

1.051 
-.009 
-.765 
-.905 
-1, 1U8 
-1.208 
- 1. 182 
-1. 1 79 
-1. 195 

- 1. 1 ll 

- 1.098 
-1.026 

-.599 
5C7 
-.563 
558 
-.586 
-.573 
-.556 
-.570 
-.555 
-.521 
-.956 
-.335 
-. 119 
096 
-.008 
.019 
.032 

1.066 
-.009 
-.668 
-.810 
-l.Cll 
-1.113 
-1.070 
-1.080 
-1.C69 
- 1 .09 7 
-1.021 
-1,019 
-.971 
-.980 
-.963 
-.985 
- .6 76 
-.959 
-.975 
-.510 
-.536 
-.511 
-.998 
-.323 
-.119 
-.030 
.001 
.031 
.051 

1.005 
.09 6 
-. 619 
759 
-.951 
-1.099 
-1.013 
-1.092 
-1. 02 3 
-.99 9 
-1.002 
-.990 
-.959 
950 
-.96 3 
-.989 
98 7 
-.995 
-.89 7 
-.920 
-.92 0 
-. 429 
-.396 
-. 291 
C95 
-.029 
. C08 
.03 / 
, 056 

1.095 
,070 
-.56 3 
-.689 
-.90 7 
-1,000 
-.982 
-.98 7 
-.981 
-.972 
-.96 0 
-.979 
-.953 
-.959 
-.950 
-.969 
-.977 
-.990 
-1.015 
- 1.037 
-.599 
-.378 
-.312 
-.229 
-.075 
-.01 9 
.01 1 
.035 
.09 7 

1.113 
, 128 
-.5Cl 
-.617 
-.899 
-.939 
-.919 
-.991 

- . 93 9 

- .938 

- .939 
-.931 
-.91 1 
-.909 
-.916 
-.932 
-.951 
-.969 
-.991 

-1.019 

-1.026 

- .99 5 
-.310 
-.193 
-.099 
-.09 8 
-.027 
-.GIB 
-.012 

1.119 

,177 

-.995 

-.558 

.-,788 

-.891 

-.862 

-.866 

-.896 

- .898 
-.809 
-.880 
-.861 
-.877 
-.881 
-.901 

- .922 

- .992 

- .970 

- ,991 
-.911 
-.922 
-.30 7 
-.208 
-.125 
-.121 
-.115 
-.116 
-.096 



0.000 
.002 
,011 
,015 
.029 
.099 
.069 
. 098 
.197 
.199 
,290 
. 298 
. 398 
.399 
. 998 
,997 
. 597 
.599 
.698 
.699 
.750 
, 799 
. 898 
. 899 
.950 
. 969 
.960 
, 989 
1 .000 





LOWER SURFACE 




.00 7 
.01 L 
.ozo 

.030 
.096 
.06 8 
.IOC 
.150 
.200 
-25C 
.300 
. 599 
.900 
,95C 
.501 
,551 
.600 
• 65L 
.700 
.75 1 
.801 
.852 
.901 
.93 0 
.999 
.967 
.99 0 
.998 

.63 5 
,613 
.915 
.268 
.1/7 
.193 
.079 
,015 
--0C5 
-.030 
-.099 
-.659 
-.060 
-.071 
-.07^ 
— . 08C 
-.039 
.050 
.181 
.262 
.363 
.931 
,953 
.992 
.918 
.366 
,199 
-.025 

.621 1 
.617 
.392 
.231 
. 180 
.132 
.057 
.007 
-.012 
-.C39 
-.059 
-.069 
-.071 
-.089 
-.079 
-.078 
-.091 
.056 
. 185 
.286 
,378 
.999 
.977 
.957 
.938 
. 378 
,212 
-.017 


. 792 
. 552 
.338 
. 202 
. 192 
.103 
,055 
-. 019 
-. 020 
-. 097 
-. 06 7 
-.099 
-. 082 
-.089 
-.099 
-.088 
-.038 
,078 
.218 
.332 
,919 
.990 
.516 
. 502 
.981 
. 933 
,257 
.CC2 

.790 
.537 
.391 
, 208 
.138 
. 108 
.032 
-.012 
-.031 
-.050 
-.069 
-.08 8 
-.C86 
-.096 
-.09 9 
-.060 
-.032 
.081 
.236 
.398 
,939 
,501 
.533 
.516 
.993 
.997 
.280 
.016 

. 76 8 
. 52 3 
.32 9 
. 190 
. 120 
.C89 
.032 
-.019 
-.03 7 
-.069 
-.068 
-.09 8 
-. 001 
-.102 
-.096 
-.090 
-,C2 7 
.089 
,22 7 
.399 
.93 8 
.501 
.532 
.520 
. 50 3 
.999 
.279 
. 02 8 

,76 3 
.519 
*310 
.178 
.118 
.086 
,02 7 
-.02 8 
-.092 
-.070 
-.079 
-.101 
-.091 
-.111 
-.097 
-.092 
-.03 3 
.081 
,236 
.398 
.939 
.51 1 
,59 3 
.529 
.500 
.999 
.280 
.02 6 

. 738 
.997 
. 289 
.199 
. 103 
.055 
.006 
-.037 
-.065 
-.082 
-.096 
123 
-.113 
-.128 
-.120 
-.105 
-.053 
.077 
.226 
.39 2 
.93 7 
.998 
.526 
.513 
.996 
.92 8 
.250 
-.025 

. 728 
.972 
.2 70 
.122 
.066 
.096 
-.017 
-.071 
-.078 
-.109 
-.125 
-. 1 53 
-.195 
-.165 
-.155 
-.199 
-.083 
.053 
.213 
.326 
.9 16 
.9 78 
.521 
.500 
.979 
.919 
.209 
-.121 
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TABLE 11.- SURFACE PRESSURE DISTRIBUTIONS FOR SUPERCRITICAL AIRFOIL 31 - Continued 

(h)a = 2.l° 




1 CP AT - 




x/c 

H=0.50 1 

H*0.60 

M=0. 70 

M = 0.74 

M=0,76 

M=0.77 

M=0. 78 

M=0. 79 

M=0. 80 

W=0-8l 

M>0.82 1 

X/C 






UPPE 

R surface 





1 

.670 
-i. I5i 
-1 . 702 

- 1 . 6 94 
- 1,442 

- 1. 282 

- , 966 

- . 89/ 

- . 746 

- .681 

- . 633 

- . 594 

- .564 
-.5 38 
-.521 
-.496 
-.4 94 

- . 4 74 

- .467 
“ .465 
-.448 

442 
-.407 
-.5 38 
-. 166 
IOC 

- ,057 
-.026 

ODci 

. 794 
-.828 
-1.643 
-1.719 
-1.607 
-1.470 
- l.OOl 
-.981 
-.739 
-. 723 
-.674 
-.64 3 
-.601 
-.575 
-.556 
-.530 
-.528 
-.507 
-.494 
-.492 
-.483 
-.46/ 
-.423 
-.339 
-.158 
-.089 
-.051 
-.016 
.002 

,953 

-.364 

- 1.129 

- 1-248 

- 1.41 4 

-1.502 

- 1.443 

-U444 

- 1. 318 
-.577 
-.580 
-.641 
-.632 
-.617 
-.602 
-.572 
-.57C 
-.555 
-.536 
-.535 
-. 524 
-.499 
-.431 
-.328 
-.125 
-.055 
-.022 

.005 

.021 

l.OOl 

-.186 

-.909 

-1.016 

- 1.219 
-1. 297 
-1.257 
-1.280 

- 1.246 
-1.203 
-1.173 
-1.152 

- 1. 129 
-1.117 

-.492 
443 
-.486 
-.512 
-.511 
-.549 
-.54 7 
-.519 
-.453 
-.34 3 
-.123 
-,C4 7 
-.007 
.029 
,04 7 

1.041 

-.097 

776 

-.903 

- I.C93 
-1,187 
-1. 170 
-1.187 
-1.155 
-1. 132 
-1. 112 
-l,C88 
-1 . 085 
-1.075 
-1.069 
-I.C79 
-1.082 

- I.C46 
-.559 
-.420 
-.412 
-.42 1 

392 
-.302 
-. 105 
-.030 
.010 
.044 
.060 

1,055 

-.071 

- . 714 

- .837 
-1.0 46 
-1,149 
-i.llO 
-1.129 
-1. 120 
-1.081 
-1,066 
- 1.061 
-1.049 
-1.052 
-1.050 
-1.055 
- 1 . 06 3 
-1 .067 
-U090 
-1.015 

-.487 

- .369 

-.514 

-.244 

- .085 

-.025 

.013 

.039 

.055 

1.070 

-.Oil 

-.638 

-.748 

-.966 

- 1.058 
-1.042 
-1.073 
-1.042 
-1.032 
-1.024 

- 1.026 
-1.015 
-1.021 
-1.009 
- 1.026 
-1.042 
-1.052 
-1.063 
-1.086 

-.683 
-.412 
-.304 
-. 191 
-.066 
-.035 
-.01 7 
-.005 
-.003 





0.000 
,002 
,011 
,015 
- 029 
-044 
.069 
-098 
. 147 
.199 
.24 8 
.29 8 
. 348 
.399 
,4AB 
.497 
. 54 7 
, 599 
.643 
.699 
-750 
,79 9 
. 848 
.899 
.95 0 
,969 
.980 
,989 
1.000 

■■ 




COWER SURFACE 






,00/ 
.0 L 1 

.QZO 
.030 
,0^6 
. J6 9 
. 100 
,150 
, 200 
, 250 
. 300 
, 3<*9 
.400 
.45 0 
,501 
.551 
. 600 
.650 
. 700 
.75 1 
. 30 1 
.B52 
.901 
.930 
. 949 
.96 7 
.990 
.998 

, 906 
.715 
.503 
. 368 
.259 
. 201 
. 134 
. 065 
. 034 
.005 
-.013 
-.033 
-.033 
-.044 
-.036 
-.056 
-.023 
.063 
.193 
. 290 
.373 
.435 
.462 
,442 
.426 
.366 
.200 
-.021 

.903 ! 

,692 
.486 
. 329 
.238 
. 195 
.127 
.058 
.021 
-.000 
-.018 
-.045 
-.039 
-.058 
-.062 
-.066 
-.020 
. 068 
.201 
.301 
.385 
.459 
.489 
.465 
.441 
.383 
.211 
-.028 

.B8C ~| 
.659 
. 453 
.313 
.226 
. 1 79 
.106 
.057 
.015 
-.006 
-.024 
-.054 
-.046 
-.069 
-.065 
-.066 
-.023 
. 082 
.221 
.327 
.415 
.483 
.513 
.496 
.46 3 
.413 
.24 1 
-.014 

.85 9 
.623 
.444 
.29 3 
.229 
-175 
. 101 
.05 5 
.02 3 
-.001 
-.031 
-.052 
-.050 
-.064 
-.063 
-.063 
-.013 
.09 3 
.242 
.348 
,429 
.504 
.528 
.516 
• 491 
.434 
.271 
.018 

.851 
.62 1 
.422 
. 283 
. 208 
. 169 
.103 
. C48 
.015 
009 
-.030 
-.057 
-.041 
-.069 
-.060 
-.059 
-.006 
.101 
.244 
. 359 
.443 
.514 
,543 
,526 
.507 
.456 
. 266 
.035 

.822 
.610 
. 399 
.257 
.205 
.166 
.089 
.021 
,010 
-.025 
-.040 
-.064 

- .057 
-.078 

- ,070 
-.069 
-.023 

.092 
• 241 
,353 
.444 
,514 
,539 
.524 
.502 
.450 
.280 
.024 

.0 06 
.582 
.373 
.221 
.177 
.128 
,070 
.015 
-.018 
-.040 
-.046 
-.083 
-.077 
-.093 
-.091 
-.0^7 
-.027 
.088 
.231 
.356 
.429 
.505 
.530 
-522 
.489 
-435 
-256 
-.026 




i 

.00 7 
.01 1 
.02 0 
.03 0 
.046 
.06 8 
. 100 
. 150 
.200 
.250 
.300 
.349 
.400 
.450 
.501 
.55 1 
.600 
.65 0 
.700 
.751 
.801 
.85 2 
-901 
. 930 
.949 
,96 7 
.990 
. 998 
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TABLE II.- SURFACE PRESSURE DISTRIBUTIONS FOR SUPERCRITICAL AIRFOIL 31 -Concluded 


(i)a = 3.r 


1 CP AT - 

1 X/C 

M » 0.50 

M * 0.60 

H * 0.70 

H = 0. 74 

H - 0.76 

M = 0.77 

M . 0.78 

M « 0.79 

M = 0.80 

M » 0 . 8l 

H > 0.82 

x/c 

UPPER SURFACE 

0.000 

.386 

.598 

.042 

.919 

. 96 7 

l.OOl 






0.000 

.002 

- 1.696 

- 1.140 

-.564 

-.3 84 

-.257 

-.189 






.002 

• OU 

- 2,333 

- 2.093 

- 1. 366 

- 1. 109 

-.982 

-.878 






• Oil 

.015 

- 2.163 

- 2.197 

- 1.472 

- 1.224 

- 1.078 

-.996 






.015 

.029 

- 1.867 

- 2.282 

- 1.633 

- 1. 367 

- 1.249 

- 1.158 






.029 

. 04 ^ 

- 1.325 

- 2.140 

- 1 . 700 

- 1.432 

- 1.313 

- 1.245 






• 044 

.069 

- 1,151 

- 1.059 

- 1.641 

- 1.400 

- 1.292 

- 1.221 






• 069 

• 09a 

- 1.053 

- 1.057 

- 1.638 

- 1 . 417 

- 1.318 

- 1.250 






• 098 

.147 

-.061 

-.898 

- 1.585 

- 1 . 415 

- 1.307 

- 1.242 






.147 

• 199 

-.771 

-.812 

- 1.530 

- 1.363 

- 1.258 

- 1. 210 






.199 

.240 

-.707 

-.745 

- 1.482 

- 1.338 

- 1.255 

- 1. 190 






• 248 

• 290 

-.666 

-.707 

- 1 . 391 

- 1. 317 

- 1.242 

- 1. 175 






.298 

.340 

-.622 

-.658 

-.466 

- 1. 288 

- 1.220 

- 1.159 






• 348 

. 399 

-.590 

-.620 

-.518 

- 1.288 

- 1.218 

- 1. 160 






. 399 

.448 

-.575 

-.596 

-.544 

- 1.270 

- 1.204 

- 1.162 






.448 

.497 

-.540 

-.566 

-.541 

- 1 . 271 

- 1.204 

- 1.170 






.497 

.547 

-.528 

-.554 

-.559 

- 1 . 271 

- 1.215 

- 1.169 






.547 

.599 

-.513 

-.540 

-.556 

-.735 

- 1.224 

- 1.187 






. 599 

.640 

-.496 

-.511 

-.536 

465 

- 1.240 

- 1.201 






• 64 8 

.699 

-.406 

-.502 

-.540 

-.401 

-. 061 

-.838 






.699 

.750 

-.477 

-.485 

-.526 

-. 394 

-.489 

-.538 






. 750 

.799 

-.452 

-.453 

508 

-.406 

-.389 

-.432 






. 799 

.648 

-.416 

-.413 

-.445 

-. 379 

-.293 

-. 328 






.848 

. 899 

-.333 

-.315 

-.341 

-.297 

-.214 

-.225 






• 899 

.950 

-.161 

-.142 

-. 138 

-. 100 

-.071 

-.134 






.950 

.969 

-.091 

-.076 

-.058 

-.037 

-.019 

-.09 3 






.969 

.900 

-.355 

-.043 

-.017 

• 001 

.009 

-.088 






• 980 

.909 

-.025 

-.019 

.019 

.0 39 

.032 

-.062 






.989 

1.000 

-.004 

-.008 

.033 

. 064 

.03 7 

-.055 






1.000 

LOWER SURFACE 

.007 

1.017 

1.003 

.965 

.955 

.938 

.923 






.007 

. 0X1 

.844 

.821 

.774 

.774 

.740 

. 721 






.Oil 

.020 

.652 

,650 

.607 

.5 72 

.559 

.521 






• 020 

• 0 30 

.478 

.479 

• 446 

. 435 

• 405 

.378 






.03 0 

.046 

.385 

.379 

.371 

. 347 

. 332 

.301 






.040 

.068 

.306 

.306 

. 298 

• 285 

.263 

.257 






.068 

. LOO 

.229 

.219 

• 217 

.207 

• 186 

. 180 






.100 

.150 

.147 

.137 

.140 

. 131 

.121 

• 110 






.150 

.200 

• 100 

.100 

.106 

• 107 

.092 

.079 






• 200 

.2 50 

.071 


.072 

.071 

.054 

.045 






.256 

.300 

.042 


.045 

• 049 

.038 

• 023 






• 300 

,349 

.022 


.017 

.008 

.002 

-.012 






.349 

.400 

.015 


.013 

.014 

.005 

-.021 






.400 

.450 

-.004 


-.00 7 

-.005 

-.016 

-.040 






.450 

.501 

-.013 


-.007 

-.001 

-.018 

-.050 






• 501 

.551 

-.025 


-.024 

-.00 7 

-.033 

-.046 






.551 

.600 

.006 

.012 

.022 

.027 

• 014 

-.008 






• 600 

.650 

.005 

.091 

.111 

. 130 

. 123 

.105 






• 650 

.700 

.201 

.218 

,244 

.261 

.257 

• 245 






. 70u 

.751 

. 302 

• 317 

. 346 

.3 74 

. 365 

.359 






.751 

.801 

.370 

.404 

.439 

.452 

.452 

.444 






• BOl 

.852 

• 448 

• 464 

.498 

.519 

,515 

. 507 






.852 

.901 

.470 

.4 89 

.535 

.547 

.549 

.536 






• 901 

.930 

.452 

.4 73 

.514 

. 529 

.523 

.516 






.930 

.949 

.421 

.450 

• 488 

.5 06 

• 506 

.404 






.949 

• 967 

.367 

.387 

.432 

. 44'8 

.450 

.424 






.967 

.990 

.197 

.213 

.262 

.289 

.279 

• 228 






.990 

• 998 

-.032 

-.041 

• 012 

.034 

.014 

-.085 







• 998 
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(a) Upper surface. 

Figure 2.- Chordwise distribution of airfoil surface slopes. 


.6 


.5 1 1 

Airfoil 12 

Airfoil 3 I 



x/c 

(b) Lower surface. 
Figure 2.- Concluded. 
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32 


Figure 4.- Photographs of model in tunnel. 










33 


(b) Trailing-edge cavity. 






(a) Airfoil mounted in tunnel. 


Figure 5,- Apparatus dimensions in terms of chord (c = 63.5 cm (25.0 in.)). 



Airflow 


Tubes f 


Static- pressure tube- 



(b) Profile drag rake. 
Figure 5.- Concluded. 




Stagnation pressure deficit, 


# 



Figure 7.- Schematic of wake profiles. 
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(a) M = 0.50. 

Figure 8.- Comparison of force and moment characteristics of supercritical 

airfoils 12 and 31, 
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o Airfoil 12 


□ Airfoil 3 1 



nn4 L ^ 1 I J 1 ^ 1 > 1 ^ ' ' ' ' ' ' 

2 .3 .4 .5 .6 .7 .8 .9 1.0 


(g) M = 0.78, 
Figure 8.- Continued. 












Cp=0.30 
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.006 
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Figure 9.- Variation of 
airfoils 1 
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Figure 10.- Drag increment due to shock-wave losses 












=0.25 
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Figure 11.- Chordwise pressure distribution. M = 0.50. 
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Figure 11.- Continued. 
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Figure 11.- Continued. 
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Figure 11:- Continued. 
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Figure 11.- Continued, 







=0.65 



Figure 11,- Continued. 





p,sonic 
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Figure 11.- Continued. 
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Figure 11,- Concluded, 
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Figure 12.- Chordwise pressure distribution. M = 0.60. 
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igure 12.- Continued. 




Upper 


O 



*f 


67 


Figure 12.- Continued. 





=0.48 
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Figure 12.- Continued. 





Lower surface 









70 


Figure 12.- Continued. 




=0.67 



Figure 12. - Continued. 











= 0.86 
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Figure 12.- Concluded. 
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Figure 13. Chordwise pressure distribution. M = 0.70. 
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igure 13.- Continue 
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Figure 13.- Continued, 
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Figure 13.- Continued. 



=0.67 O Upper s 



Figure 13.- Continued, 
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Figure 13.- Continued. 
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Figure 14, - Continued. 


Ho data available Cp=0.45 O Upper surface 
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Figure 14.- Continued. 








Figure 14.- Continued. 










Figure 14.- Continued. 








Fi^re 14.^ Continued. 
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Figure 14.- Continued. 












(a) M = 0.76; Cn = 0.22. 

Figure 15.- Chordwise pressure distribution. M = 0.76. 










Figure 15.- Continued. 









=0.46 O Upper surface 
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Figure 15.- Continued. 





Figure 15,- Continued. 





Figure 15.- Continued. 







Figure 15,- Continued. 
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Figure 15.- Continued. 




Upper surface 



BTi' 


Figure 15.- Continued. 









upper surface 
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Figure 15. - Concluded. 




data available Cp=0.65 ^ O Upper surface 





Figure 16.- Chordwise pressure distribution. M = 0.77. 
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Figure 16. - Continued. 
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i^re Id. - Conclui 







106 


Figure 17.- Chordwise pressure distribution, M = 0.78. 
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Figure 17. - Continued. 




=0,57 Q Upper surface 



Figure 17. - Continued, 













Figure 17,- Continued. 










=0.78 Cn=0.79 o Upper 
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Figure 17,- Continued. 
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Figure 18.- Continued. 







= 0.88 
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Fig:ure 18.- Concluded, 
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Figure 19. - Continued. 
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Figure 19. - Continued. 




Figure 19,- Continued, 
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Figure 19. - Continued. 
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Figure 19.- Continued. 
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(a) M = 0.81; Cn = 0.21. 

Figure 20.- Chordwise pressure distribution. M = 0.81. 
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Figure 20.- Continued. 



=0,58 O Upper surface 






=0.67 c,p=0.66 Q Upper surface 
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Figure 20.- Concluded. 
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Figure 21,- Continued, 





Figure 21.- Concluded, 







